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In this paper, a comparative assessment of the effectiveness of different deviation methods for near-Earth objects is
presented. Specifically, a solar collector, nuclear interceptor, kinetic impactor, low-thrust propulsion, mass driver,
and gravity tug are modeled and compared. For each method, a mathematical model is developed to compute the
achievable deviation. A multicriteria optimization method is then used to construct the set of Pareto-optimal
solutions, minimizing the mass of the spacecraft at departure from the Earth and the warning time (i.e., the time from
launch to the foreseen impact of the asteroid with the Earth), while maximizing the deviation. A dominance criterion
is defined and used to compare all of the Pareto sets for all of the various mitigation strategies. Finally, a technology
readiness level factor is associated with each strategy to estimate the required technological development.

Nomenclature Mebris = mass of the nuclear interceptor’s debris that
A, = cross-sectional area of the mirror, m> impacts the asteroid, kg i
A = area of the illuminated spot, m> m; = mass of the spacecraft at the near-Earth object
s o ¢l .
a = semimajor axis of an orbit, km arrival, kg .
b = semiminor axis of an orbit, km Mqunch = mass expelled per shot by the Mass driver
c = heat capacity, J/kg/K method, kg
d = hovering distance, m Mpower = mass of the power subsystem, kg
E, = received energy per unit area, J/m> My = mass ?f thehméc.lear warhee}ii, kg
E, = total energy released by the nuclear interceptor, J Mo = mass launched Into space, g71
E = energy of sublimation, J/g n = angular velocity of an orbit, s
e ! = eccentricity of an orbit Py = kinetic power provided by the mass driver, W
erfc(f(x)) = complementary error function of f(x) Pin = rad;atlon fp t(;lwer den%y\;)lver zthe illuminated
F, = gravity attraction between the spacecraft and the surface of the asteroid, / m
‘ asteroid. N P = semilatus rectum of an orbit, km
Fiover = effective vertical thrust, N Da = linear momentum per unit area, kg /2 s/m
= universal gravitational constant, 6.67259 x Qcona = heat-flux loss by conduction, w/ o
10" m?®/kg/s? Orad = heat-flux loss by radiation, W/m
2 = standard free-fall constant, 9.81 m/s? R, = mean radius of the near-Earth object, m
H = altitude of detonation of the nuclear interceptor, m gﬁ - dlitanﬁ:e fronll ?écelc;gf; t\g)vthezsun, km
h = distance from the nuclear explosion to a specific Sﬂux B solar 1lux z}t > /m
point on the surface of the asteroid, m TSC B scattering ac;gr
I, = specific impulse of a propulsion system, s T - tﬁmper;;ure,
i = inclination of an orbit, deg n = rust, d
k = Boltzmann constant, 1.380658 x 1072* J/K ! = tme, s or days . .
M = mean anomaly of an orbit, deg tr = time at which the deviation maneuver is
M, = mass of the asteroid, kg c{ompleted, S or days . . .
M = molecular mass, kg Mo = time at the minimum orbit interception distance
m k4 .
my = mass per unit area, kg/m? point, sor days )
m, = dry mass of the spacecraft, kg Tpush = duration of the pushing action, s
to = time at which a low-thrust deviation maneuver
_ begins or an impulsive maneuver occurs, s or days
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Avgc = relative velocity of the spacecraft with respect to
the asteroid, m/s or km/s

Atgooing = time available to shoot the dug material, s

r = deviation vector in the Hill coordinate frame, km
ov = impulsive change of velocity vector, m/s or km/s
dv = scalar increment of velocity, m/s or km/s
e = elevation angle, deg
Ebb = blackbody emissivity
n = spacecraft-centered nadir angle, deg
Mot = efficiency of the mirror assembly

= true anomaly of an orbit, deg

0* = argument of latitude of an orbit, deg
K = thermal conductivity, W/m/K
A = asteroid central angle, deg
Lo = opacity of a material to a certain radiation, m?/kg

v = angle between the orbital velocity and the axis of
the ecliptic inertial reference frame, deg

& = specific thrust, N/W

Pa = mean density of the asteroid, kg/m?

o = Stefan-Boltzmann constant, 5.67051 x
1078 W/m?/K*

T = mass-to-power ratio, kg/W

¢ = exhaust cone half-angle, deg

Q = argument of the ascending node of an orbit, deg

10} = argument of the perigee of an orbit, deg

w = complementary latitude angle, deg

Subscripts

h = vector component normal to the orbit plane

n = vector component normal to the orbit in the orbit
plane

t = vector component tangent to the orbit

I. Introduction

VER the last few years, the possible scenario of an asteroid

threatening to impact the Earth has stimulated an intense debate
among the scientific community about possible deviation methods.
Small celestial bodies such as near-Earth objects (NEOs) have
become a common subject of study because of their importance in
uncovering the mysteries of the formation, evolution, and
composition of the solar system. Among all asteroids, NEOs have
stepped into prominence because of two important aspects: they are
among the easiest celestial bodies to reach from Earth, in some cases
they can be reached with less demanding trajectories than a simple
Earth-moon trajectory, and, even more meaningful, they may
represent a threat to our planet.

On average, every 26—30 million years a 10-km-sized asteroid
strikes the Earth, and every several hundred years there is a
Tunguska-class (100 m in diameter) asteroid impact [1]. Each of
these impacts permanently alters the characteristics of our planet to
varying degrees. These events, and the risks they pose to our fragile
ecosystem, have made the space community turn their attention to the
NEO issue [2].

Evidence of this newfound interest is the prolific and successful
asteroid exploration program of the last decade, with many
completed missions such as Near-Earth Asteroid Rendezvous, Deep
Space 1, Deep Impact, or Stardust; ongoing missions such as Rosetta,
Hayabusa, and Dawn; and future missions such as Don Quijote,
which will not only study the target asteroid, but will also test the
capability to deflect its course with a high-velocity impact.

To predict the effects of a deflection strategy, some studies have
addressed the asteroid deviation problem either with an analytical
approach [3,4] or by means of a numerical procedure based on a n-
body model [5]. Previous deflection formulas considered only a
change in the orbital period due to an action applied along the
direction of the motion of the asteroid. A more general approach was
proposed by Conway [6] to determine the near-optimal direction in
which the impulse should be applied to maximize the consequent
deviation. A similar approach was taken by Park and Ross [7], who

also took into consideration the gravitational effects of the Earth [8],
obtaining a more accurate estimation of the optimal impulse.

A few authors have performed a partial comparative assessment of
the numerous proposed mitigation strategies. Some of these
emphasize a classification system based on NEO/spacecraft coupling
[9], other systems are based on technology readiness, and a third
category is based on time to impact and/or intervention of the
asteroid. On the other hand, since the day the first mitigation
technique [10] was proposed, many approaches have been put
forward by several scientists and a comprehensive quantitative
comparison is still lacking.

All of these different techniques can be grouped into several
families, depending on the type of asteroid-spacecraft interaction:
techniques producing an impulsive change in the linear momentum
of the asteroid, such as kinetic impactors and nuclear interceptors
[11-13]; techniques actively producing a controlled continuous low
thrust, such as attached propulsion devices [4] (e.g., electric/
chemical engines and solar sails) or gravitational tugs [14];
techniques producing a passive low thrust by an induced change of
the thermo-optical properties of the asteroid surface [15], such as the
enhanced Yarkovsky effect or enhanced emissivity through white
paint; techniques producing a controlled thrust by the ablation of the
asteroid surface [16] (e.g., through laser beams or solar collectors); or
techniques producing a multi-impulsive change of the asteroid linear
momentum by the ejection of surface material, such as the mass
driver [17].

This paper presents a comparison of deflection methods according
to a set of different criteria. A collection of NEOs differing in
physical characteristics (i.e., size, mass, and spin properties) and
orbital parameters was selected for this analysis. A group of different
mitigation strategies taken from the preceding listed families was
then applied to these asteroids and evaluated in terms of four figures
of merit: achieved miss distance at the Earth, warning time, total
mass into orbit, and technology readiness level (i.e., the estimated
time to develop the technology required to implement a given
mitigation strategy).

The first three criteria (miss distance, warning time, and mass into
orbit) quantitatively express how easy it is to deflect an asteroid with
a given method and whether we can implement a given deviation
strategy with present launch capabilities. The warning time, in
particular, in addition to giving quantitative information on the time
to react (how far in advance we need to know that an impact is going
to occur), gives an indication of the time available to repair a failed
deflection operation.

Finally, the paper presents a multicriteria optimization that
provides a preliminary and relative measure of the effectiveness of
one deviation over another according to the selected criteria.

II. Deviation Formulas and Maximum
Deviation Problem

Given the minimum orbit interception distance point (MOID)
from the Earth for a generic near-Earth object, the objective is to
maximize the MOID by applying a deviation action. The effect on the
asteroid of all of the deviation strategies in this paper was modeled
either as an impulsive Av at the interception time #, or as a
continuous acceleration over the interval #,—t;, where ¢ is the time in
which the deviation maneuver is completed. The achieved miss
distance is computed by means of proximal motion equations [18]
expressed as a function of the variation of the orbital elements. The
variation of the orbital elements is computed with Gauss’s planetary
equations [19].

The deviation maneuver acts as a perturbation on the orbit of the
asteroid, and the new orbit can be considered proximal to the
unperturbed orbit. If Oy is the true anomaly of the NEO at the
MOID point along the unperturbed orbit and 6y;;p = Ovom + @ is
the corresponding argument of latitude, we can write the variation of
the position of the NEO, after deviation, with respect to its
unperturbed position by using the proximal motion equations:
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where §s,, &8sy, and ds, are the displacements in the radial,
transversal, and perpendicular-to-the-orbit-plane directions, respec-
tively, so that sr =[8s, &8sy 8s,]" andn =1 — €%

In the case of an impulsive action on the asteroid, the variation of
the orbital parameters a, e, 7, 2, and @ between the unperturbed and
the proximal orbit are computed through Gauss’s planetary
equations written for an instantaneous change in the NEO velocity
vector §v = [§v, dv, 8v,]", where the components of this vector
are expressed in the tangential, normal, and perpendicular-to-the-
orbit-plane directions at 8 = 6,
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Equation (3) takes into account the instantaneous change of the
orbit geometry at time 7, and the change in the mean anomaly at the
time of the MOID due to a change in the semimajor axis, given by
dn(tyom — 1), where tyopp is the time at the MOID point along the
orbit of the NEO and

VA N
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When a continuous deviation action is selected instead, the total
variation of the orbital parameters is computed by numerically
integrating Gauss’s variational equations over the interval z,—,,
applying the acceleration produced by the deviation strategy. In this
case, the variation of the mean anomaly is computed in a similar
fashion to Eq. (3):

M = (ny — n)tyoip + nty — npty + AM 4

where n is the nominal angular velocity, n, is the mean motion at
time 77, and AM is calculated through the numerical integration of
Gauss’s equations.

III. Asteroid Deflection Strategies

In this paper, we analyze and compare six deflection strategies:
solar collector, nuclear interceptor, kinetic impactor, low-thrust
propulsion, mass driver, and gravity tug. To study the effectiveness
of each deviation strategy, a set of mathematical models was
developed to compute the variation of the linear momentum of a
NEO, due to each one of the deviating actions. The deviating action
produced by kinetic impactor and nuclear interceptors was modeled
as an impulsive variation of the NEO’s velocity, and the deviating
actions provided by low-thrust propulsion, gravity tug, and solar
collector were modeled as a continuous variation of the asteroid
linear momentum. The effect of mass drivers was instead modeled as

a sequence of impulses and thus as a discrete variation of the linear
momentum of the asteroid.

It is assumed that the direction of the deviating impulse for kinetic
impactors and nuclear interceptors depends only on the transfer
trajectory from the Earth to the asteroid and is aligned with the
relative velocity vector between the spacecraft and the asteroid at the
end of the transfer. For all of the other strategies, the direction of the
deviating action is instead independent of the transfer, and thus we
chose the closest direction to the theoretical optimal direction [20].

The remainder of this section contains a description of the
mathematical models for the six aforementioned deviation methods.
Some of the models are taken from the existing literature and adapted
to the present analysis and others represent a new development with
respect to what is already in the literature.

A. Nuclear Interceptor

Nuclear devices are able to carry the highest energy density among
all of the deviation methods currently available. Not surprisingly, the
first deviation strategy ever proposed [10] already suggested the use
of nuclear bombs to change the collision course of an asteroid. On the
other hand, it is worthwhile to remark that this technology could
represent a significant risk. As pointed out by Sagan in [21], all
mitigation technologies can be a double-edged sword if misused, but
for obvious reasons, delivering nuclear warheads in space could
represent a higher menace than other deflection methods. This
fearsome risk, intrinsic to this technology, would most probably raise
political and security issues, which would certainly make the
development of deflection strategies based in nuclear weapons more
than a technological problem. However, the work described here has
not considered those additional issues.

The model used in this study is based on a standoff configuration
over a spherical asteroid. This type of configuration requires
detonating the nuclear charge at distance H from the asteroid surface
(Fig. 1). The method is less sensitive to possible uncertainties in the
asteroid composition and surface morphology [22], unlike other
nuclear-based configurations, such as buried and surface explosions.
The energy released during a nuclear explosion is carried mainly by
X-rays, neutrons, gamma radiation, and debris, and its distribution
depends mostly on the type of nuclear reaction.

Table 1 shows the distribution of energy used in this work, which
is taken from Hammerling and Remo [22] and is based on the
information by Glasstone [23]. As can be read in the table, an
important part of the total energy is carried, in the form of kinetic
energy, by the debris resulting from the explosion. Although its
momentum coupling, or efficiency in producing linear momentum
change, is much smaller than that of the radioactive processes (as will
be seen later), its effect cannot be neglected. In the following, a model
for the computation of the change in the velocity of the asteroid due to
debris and radiation is presented.

1. Debris

After the detonation of the nuclear device, part of the debris from
the spacecraft structure and components will impact the surface of
the asteroid. Assuming that the explosion produces a spherical shock
wave and the debris is homogeneously distributed on the surface of

Fig. 1 Geometric diagram of the spacecraft detonation and asteroid.
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Table 1 Energy distribution

Source X-ray Neutrons Gammarays Debris Others

Fission 70% 1% 2% 20% 7%
Fusion  55% 20% 1% 20% 4%

this shock wave, the total amount of debris impacting the asteroid
Myepris 1S given by the dry mass of the spacecraft m, multiplied by the
ratio S between the total area of the shock wave and the portion of it
that intersects the asteroid:

Mepris = SMy %)
where S is defined as
g1 VH JH ¥ 2R, ©)

272 R, +H

Here and in the following, the dry mass m, is the mass of the
spacecraft without the propellant to perform the transfer from the
Earth to the asteroid. The impacting velocity of the debris vy 1S
then given by

2f debris E t
Udebris =

my

7

where E, is the total yield release by the nuclear interceptor, and
[ aebris 1S the fraction of delivered energy in kinetic form (see Table 1).
The final increment in the asteroid velocity §vgeys 18 calculated by
using the conservation of linear momentum:

Mebris Vdebris (8)

OV ebris = BSse
debris ﬂ sc M

a

where S is a scattering factor, 8 is the momentum enhancement
factor [11], and M, is the mass of the asteroid.

2. Radiations

Following the Beer—Lambert law of absorption, the radiant energy
absorbed per unit area by a layer of material of thickness dz and mass
per unit area dm, = p, dz is

dE, = —poE,dmy )

where [, is the opacity of the material; E, is the received energy per
unit area; p, is the mean density of the asteroid; and opacity p, or
linear mass-absorption coefficient, describes how the energy is
absorbed as it passes through the asteroid, and its value depends on
the radiation type, the associated energy, and the material considered.
In this study, we assumed that the asteroid’s surface was mainly
made of forsterite and that the energy of the impacting radiation was
in the range of 10 keV for x-ray, 2 MeV for gamma ray, and 14 MeV
for neutron radiation [22]; with these hypotheses, the opacity for
different radiations has the values in Table 2.
Thus the energy per unit area varies with the depth z is

daE,

= E 10
dZ HoPalia ( )

which, when integrated over z, gives the amount of energy per unit
area remaining at a given depth:

Table 2 Opacity p, or linear mass-absorption
coefficient, for an asteroid made of forsterite

Radiation type Values
X-ray 1.5 m?/kg
Neutron 0.0044 m?/kg
Gamma ray 0.005 m?/kg

E,(2) = Eo(0)e™Pattes an

where E, (0) is the energy on the external surface, which depends on
the distance from the explosion. The absorbed energy at a specific
depth z per unit area and unit mass, /4, E 4 (z), induces the sublimation
of material. A portion E, of the energy goes into the sublimation
process (sublimation enthalpy), and the remaining energy is
converted into kinetic energy and accelerates the sublimated material
up to a velocity v,, given by

Ve = v Z(MOEA(Z) - Eu) (12)

If we consider forsterite (i.e., Mg, Si0O,) as the main component of the
asteroids, then the sublimation enthalpy is E, = 5.03 kJ/g (Wang
et al. [24]). This assumption is likely to represent a worst-case
scenario, because the surface of the asteroid might have more volatile
materials, and the regolith may even help to increase the thrust/
energy efficiency. The variation of the linear momentum per unit area
dp4 gained by the asteroid due to the evaporated mass is

dpAzpavedZ (13)

which, when integrated from the surface of the asteroid to the
maximum depth at which the evaporation takes place, Z,,, gives the
total linear momentum per unit area:

Zinax
P, = / dpadz (14)
0

The maximum depth Z,,, can be computed as follows:
1 E40
Zae = —— [ (LA()) (15)
Palto E,

Taking into account the elevation angle ¢ of the incoming radiation
(see Fig. 1), the linear momentum per unit area p, becomes

Zmax-Sin & -
Pa= [ o2 Es O i~ By a0
0

The integration of Eq. (13), but without the velocity v,, gives the
mass ablated from the asteroid surface:

Znax SN €
Mablated = /(; Pa dz (17)

Equation (16) can now be integrated over the entire radiated
surface. Using the equation of the surface of a spherical cap (see
Fig. 2),

Seap = 27RE(1 — cos A) (18)

we obtain an integration only dependant on the asteroid central angle
A, which leads to the following double integration:

Amax Zmax sin (1)
P = V/87R2p, / ( /
0 0

adiation s _patto 12
~ (//Lo frddmtl()n te*:),n’:(k) — Ev) dz) Sin)L d)\ (19)

R, sin\

HA+R,(1-cosN)

Fig. 2 Integration over the spherical cap.
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Fig. 3 Change in velocity of asteroid Apophis achieved with a nuclear interceptor carrying a fusion device of 600 kg, as a function of altitude of

detonation H. The distance is normalized using the asteroid average radius.

where E, is the total energy released by the explosion, f,giaion 1S the
fraction of energy corresponding to each one of the three radiations in
Table 1, and 4 is the distance from the explosion to the surface of the
asteroid. The distance 4 is expressed as a function of the central angle
A €0  Anu](seeFig.1),in which A, corresponds to the distance
to the horizon of the asteroid as seen from the spacecraft. Finally, the
8Vadintion €Xperienced by the asteroid is calculated by integrating
Eq. (19) and dividing it by the total mass of the asteroid.

Figure 3 shows the total §v given by the combination of all four
components (i.e., x-ray, neutron radiation, gamma radiation, and

4000 T T T T

debris), as well as the individual contribution of each as a function of
H. In this example, the spacecraft was carrying a nuclear fusion
device with a mass of 600 kg in the proximity of the asteroid
Apophis. Figure 3 shows that the neutron radiation gives the highest
contribution to the total dv; note that the same conclusion is valid
even for a nuclear fission device. The optimal standoff distance is
H = 0.15R,, where the maximum total increment of velocity occurs.

The ablated mass my.q and the average velocity of the
sublimated material coming from each one of the types of radiation
are plotted in Fig. 4. It can be observed that x-rays produce very high

Maximum performance
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Fig. 4 Radiation analysis: Y axis on the left shows the mass evaporated by the three main radiation components of the nuclear explosion, Y axis on the
right shows the excess velocity of the material that have been evaporated, and X axis is the asteroid-radius-normalized altitude of detonation.
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Fig. 5 Efficiency of the nuclear deflection for an elongated body. Nuclear detonation occurs over the side with the minimum cross-sectional area.

excess velocities but ablate a very thin layer of material from the
surface of the asteroid. On the other hand, neutron radiation produces
more evaporation, because this radiation penetrates deeper into the
asteroid, and this is a more efficient way of providing impulse to the
asteroid. The total impulsive action is therefore the sum of all of the
individual contributions:

dv= Svgamma + 8vx-rays + Svdebris + 8Uneulr0ns (20)

Note that although the core of the model developed here is based
on the radiation coupling model found in the work of Hammerling
and Remo [22], the numerical integration of Eq. (19) allowed us to
perform a more general analysis of the nuclear option. For example,
the optimal standoff distance found by Harmmerling and Remo is
H = (+/2 — 1)R,, which is worked out by maximizing the sum of
two fractions: the energy disposed over the asteroid against the total
energy and the radiated surface against the total asteroid surface,
whereas the optimal detonation distance in our model is much
smaller (H = 0.15R,), which is driven by an optimal combination of
excess velocity and mass expelled due to the nuclear radiation.

As a final consideration on the model developed in this section, we
see from Egs. (18) and (19) that the total momentum change is
dependent on the area radiated by the nuclear device and on the
elevation angle. The radiated area and the elevation angles depend on
the shape of the asteroid. If the asteroid is not spherical but is an
elongated body with the same mass, the worst-case scenario is when
the explosion occurs over the side of the asteroid with the smallest
cross-sectional area. To evaluate the loss of efficiency in the worst-
case scenario, we computed the ratio between the total Av for an
elongated asteroid and the momentum change for a spherical asteroid
with equal mass. Figure 5 shows the Av ratio as a function of the
elongation. Considering the typical measured elongation of known
asteroids, the maximum expected value is 2.5 for asteroid
Geographos,] which corresponds to an 18% reduction in the
performance of the nuclear interceptor.

3. Spacecraft System Definition

Finally, it is assumed that a spacecraft is carrying a nuclear device
with a mass m,, = 0.3m,. Figure 3 shows the importance of
maximizing the neutron radiation; therefore, a fusion device is
chosen as the primary payload, because its fraction of nuclear
radiation is considerably higher (see Table 1). The energy delivered
by the explosion E, can be computed as

IData available online at http://echo.jpl.nasa.gov/~lance/nea_elonga-
tions.html [retrieved 16 October 2008].

E,=YTWmy, @21
where YTW is the yield-to-weight ratio of a thermonuclear device.
This parameter strongly depends on the mass of the nuclear device:
the larger the mass, the higher the YTW ratio. We chose a ratio of
0.75 kton/kg as a conservative option, although it ranges from
0.6 kton/kg for a warhead of 165 kg to 2.25 kton/kg for a warhead
of 4000 kg.=*

B. Kinetic Impactor

The kinetic impactor is the simplest concept for asteroid hazard
mitigation: the asteroid linear momentum is modified by ramming a
mass into it. The impact is modeled as a simple inelastic collision,
resulting in a change in the velocity of the asteroid multiplied by a
momentum enhancement factor [11]. The enhancement is due to the
blast of material expelled during the impact.

The value of the enhancement factor is extrapolated from cratering
analysis, such as that performed by Holsapple [25], and
hypervelocity experiments. Both studies are Earth-based experi-
ments on a small scale and extrapolation to the asteroid size and
conditions is difficult to quantify. A conservative value of 2 was
chosen for all of the analysis in this paper; however, for some
asteroids with particular compositions and structures, the enhance-
ment factor could be much larger [11]. The variation of the velocity
of the asteroid due to the impact is given by

smp M

(M, + m;) .

AVS/C

where 8 is the momentum enhancement factor, and Avgc is the
relative velocity of the spacecraft with respect to the asteroid at the
deviation point.

C. Spacecraft Propulsion

A straightforward mitigation strategy could consist of a spacecraft
landing on the asteroid and using its propulsion system to push the
asteroid out of the impact trajectory. Either traditional chemical
propulsion or low-thrust propulsion systems could be used.
Chemical propulsion provides very high thrust, but the excess
velocity of the exhaust gases is about 10 times lower than that of the
ionized plasma of low-thrust propulsion systems; thus, it requires
much more propellant to achieve the same change in the linear
momentum of the asteroid. For this reason, a strategy based on a

**Data available online at http://nuclearweaponarchive.org/ [retrieved
16 October 2008].
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high-thrust chemical engine was considered to be less efficient than a
strategy with a low-thrust engine.

On the other hand, for electric propulsion (or low-thrust
approaches in general), the rotation of the asteroid becomes an issue.
On a rotating asteroid the low-thrust system will not keep a constant
pointing. The propulsion system will have to be switched on and off
when the correct pointing occurs or the asteroid rotation will have to
be modified so that the propulsion system can be continuously active
[4]. Another issue for such a mitigation approach is the definition of
an appropriate attachment system between the propelling spacecraft
and the asteroid. Finally, a problem pointed out by Scheeres [26] is
the formation of a transient atmosphere due to the surface operations;
the combination of loose regolith and low gravity could result in a
transient atmosphere of dust that could potentially affect the
spacecraft mechanics and operations, leading to contingencies.

Depending on how the thrust is applied and controlled, we can
subdivide the class of propulsion-based deflection methods into three
subclasses: scheduled low-thrust, despin and push, and precession
and push.

In the following sections, the scheduled low-thrust model will
be described in detail. The other possible low-thrust techniques
will be briefly outlined and then compared with the scheduled
thrust option. For a detailed discussion of these alternative
techniques, the interested reader can refer to the work of Scheeres and
Schweickart [4].

1. Scheduled Low-Thrust Model

The scheduled thrust model assumes a mission in which two
spacecraft land on opposite sides along the equator and thrust
through the center of mass of the asteroid. By properly scheduling the
periods when the engines are switched on and off, we can obtain a
quasi-constant thrust and a limited scattering factor. The scattering
factor takes into account the misalignment from the optimal thrusting
direction.

The total thrust of the system (i.e., the thrust of both engines
together) is calculated using the following linear relationship:

Ty = My 23)
T

where 1., 18 the mass of the power subsystem, t is the mass-to-
power ratio, and £ is the specific thrust. The specific thrust £ is set
equal to 34 mN/kW, which represents an average value for the most
common ion thrusters [27]. It is also assumed that the available
power is generated by a subsystem with a mass that is 50% of the dry
mass of the spacecraft, 7,,ye, = m,/2, and is capable of delivering
40 W /kg (v =25 kg/kW [27]).

The mass of the system at the asteroid m; includes the propellant
mass for the maneuver and the dry mass m, of the spacecraft.
Because the thrust of the propulsion system is fixed by the dry mass
m, and it will remain constant for the whole mission, the total
impulse produced by the propulsion system on the asteroid can be
computed as follows:

t tr—t
1,:/’ th:T,,(if 5 0) (24)
I

where F = T, /2 is the net force applied to the asteroid. Now the total
impulse can be computed using the variation in linear momentum
produced by the ionized gas expelled from the propulsion system:

t
tszd—mve dz:(md_mi)ve (25)
, dr

By combining Eqgs. (23-25), we can obtain the dry mass m, as a
function of the initial mass m; and of the duration of the pushing
action g, =ty — fo:

_ E 1,—1

The maneuver could be as long as the time left before the asteroid
impacts the Earth, although pushing for so long is not necessarily the
best strategy. Because the dry mass depends not only on the initial
mass, but on the duration of the deviation maneuver as well [see
Eq. (26)], it may be a better option to reduce the duration of the
pushing maneuver to achieve a higher dry mass for a fixed initial
mass, which translates into a better level of thrust.

An analysis of the achievable deviation as a function of the
maneuver duration was carried out for six different asteroids from
three different groups of NEOs: Apollo, Aten, and Amor. Assuming
a constant initial mass m; for all of the asteroids and a potential
collision with the Earth in a range of 12 years, the achieved deviation
was computed by numerically integrating Gauss’s planetary
equations over a variable pushing time.

As an example of the aforementioned analysis, Fig. 6 shows the
total achieved deviation (right axis) and the total impulse (left axis)
for a low-thrust deviation mission on asteroid Itokawa as a function
of the percentage o of the total time available for applying the
deviating action. The mass of the spacecraft at the beginning of the
pushing action was assumed to be m; = 10,000 kg, and the
maximum available pushing time was fixed in this case to 10 years.
The result in Fig. 6 shows how the maximum deviation is not
achieved when the spacecraft is pushing for the whole available time
before the collision. It is instead more convenient to use a higher
thrust for a shorter time.

The result in Fig. 6 suggests a pushing maneuver that stops after
the last perigee passage before 45% of the time between the arrival at
the asteroid 7, and the impact date. This prediction of the length of the
pushing action matches the maximum deviation of the six studied
cases with less than 2% error. Given the duration of the maneuver, the
mass of propellant and the thrust can be calculated with Eq. (26).

2. Efficiency of the Scheduled Thrust

To measure the efficiency of the scheduled thrust compared with a
full continuous thrust directed along the optimal direction, we can
define the scattering factor:

folromlion (F . ﬁ) dr
Liotation
,/;) . Foptim dt

where the integrations are along one complete asteroid rotation
Liotation» U 18 the unit vector along the optimal thrusting direction, F is
the force vector delivered by the propulsion system landed on the
asteroid, and F;,, is a force vector with equal modulus but always in
the optimal direction 9.

If we assume that the asteroid is spinning much faster than it is
orbiting around the sun, we can define an asteroid orbit inertial
reference frame and an asteroid equatorial inertial frame, as shown in
Fig. 7. In the asteroid orbit frame, the angle v is the angle between the
orbital velocity and the x’ axis; this angle will perform a complete
rotation at every orbit. In the asteroid equatorial frame, the angle ¢ is
the angle between the projection of the force vector on the x'y’ plane
and the x" axis. The angle ¢ will perform a full revolution at every
rotation of the asteroid. The obliquity of the asteroid’s equator ¢ is
the rotation angle necessary to transform the asteroid’s orbital inertial
coordinates to the asteroid equatorial inertial coordinates.
Equation (27) can now be rewritten as follows:

W (FIF(p. @, ¢) - 0(v)) dg
JFIFl(v) dg

where the integration limits ¢, and ¢, are chosen so that the scalar

product F-dis positive to have a constant increase in the asteroid
linear momentum.

Integrating Eq. (28) along a complete orbit (i.e., v from 0 to 27)
and dividing by 27, we obtain an average scattering factor that
depends only on the obliquity of the asteroid and the complementary
latitude @ of the landing site. Figure § shows the scattering factor as a
function of the obliquity angle ¢ and of the complementary latitude
. The figure shows that for every obliquity, it is always possible to

5= @7)

S, (v, ¢, @) = (28)
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choose a landing site that guarantees a scattering factor not lower
than 0.3, which means that it is always possible to have at least 30%
of efficiency of thrust without changing the rotational state of the
asteroid. Note that this analysis does not depend on the asteroid
shape, but only on the obliquity of the asteroid’s equator; thus, the
efficiency of the scheduled thrust would not be affected by the
asteroid shape.

3. Analysis of the Alternative Pushing Methods

Two alternatives have been suggested to solve the problem caused
by the asteroid’s rotation: asteroid despinning and simultaneous
precession and push. Both techniques require a modification of the
spinning rate of the asteroid. The despin method is a three-phase
method. During the first phase, the low-thrust propulsion is used to
stop the rotation of the asteroid. Next, a new rotational state is
imposed to match the asteroid’s orbital period. Then the propulsion
system is used to push the asteroid out of the collision trajectory. The
second alternative requires one to reorient the asteroid rotational pole
and, as demonstrated by Scheeres and Schweickart [4], there is
always an axial tilt such that it is possible to thrust continuously while
maintaining a constant relative orientation between the rotational
axis and the optimal thrusting direction.

Figure 9 shows the effective total impulse produced by each one of
the aforementioned techniques for a wide range of thrust levels. The
effective total impulse for the scheduled thrust is the product of the
thrust times the scattering factor times the pushing time. The
effective total impulse for the despin method instead is the thrust
times the available pushing time after the despinning operations.
Finally, the effective total impulse for the precession-push method is
the product only of the thrust component in the direction of the
asteroid velocity times the pushing time.

As it can be seen in Fig. 9, the despinning technique requires a
minimum level of thrust to stop the rotation of the asteroid before the
impact with the Earth. This minimum thrust level depends on the
angular velocity of the asteroid’s rotation and the time available for
despinning and deviating the asteroid. For the analysis in Fig. 9, the
maximum available time was set to 4 years for all of the low-thrust
methods.

For the simultaneous precession and push, considering that the
asteroid already has the proper configuration to start the deviating
maneuver as soon as the spacecraft arrives, the faster the rotation, the
higher the fraction of the thrust that goes into controlling
the precession and hence less variation of the linear momentum for
the same propellant consumption. In the remainder of this work, all
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analyses on the low-thrust propulsion method will consider only the
scheduled approach, because, as Fig. 9 shows, the scheduled thrust
method performs well for all of the thrust levels, spinning rates, and
available pushing time considered in this study.

D. Mass Driver

The mass driver system generates a change in the velocity vector
of the asteroid by shooting pieces of the asteroid’s outer crust into
space. Some surface material is dug by a drilling device and
accelerated into space through an electromagnetic rail gun. The

advantage of this strategy is that the material used to change the linear
momentum of the asteroid is obtained in situ and not carried from
Earth.

The model for the mass driver was developed assuming that a
spacecraft with mass m, is landed along the equator of the asteroid
and directing the rail gun along a line perpendicular to the rotation
axis, which is assumed to be perpendicular to the velocity vector of
the asteroid. Furthermore, it was assumed that when the rail gun is not
pointing in an optimal direction, the spacecraft is collecting material.
The dug material is shot once per rotation when optimal pointing
conditions are met, within a given tolerance.
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The mass of the power subsystem was assumed to account for 30%
of the dry mass m,;, which is in agreement with the results obtained by
Olds etal. [28]. The mass-to-power ratio T was set to 25 kg/kW [27],
which is an averaged value for the power sources most commonly
used in space. The energy efficiency of the rail gun was set to 30%
[29]; hence, approximately one-third of the electrical energy
generated by the power source is transformed into kinetic energy:

m ower
Py =032 (29)

where gy, = 0.3 - m,, is the mass of the power system, and Py is
the total power converted into kinetic energy.

In the literature, a value of 100-300 m/s is suggested as a realistic
excess velocity for the expelled mass [28,30]; therefore, in this paper,
an excess velocity of 200 m/s, which is within the current
technological capabilities [29], was considered for all of the analysis.
Given the excess velocity, the mass expelled per shot can be
calculated with the following equation:

2PKAtshooling

My = 3 (30)

where At gqoing 1S time available to shoot the dug material into space,
which was set to be equal to the time required to the pointing vector of
the rail gun to span a 10 deg arc around the rotation axis of the
asteroid (i.e., Afgooting = 0.0278T,, where T, is the rotational
period of the asteroid). It is assumed that power generated when the
mass driver is not shooting (97% of the time) is sufficient for the
mining system (e.g., a coring drill) to prepare the next projectile
[31,32].

The change in the velocity of the asteroid is determined by using
the conservation of linear momentum and taking into account the
change in the asteroid mass consequent to every shot:

_ Myaunch
Sv = M) v, 3D

Ateach impulsive v there is a corresponding finite variation of the
orbital elements of the asteroid, and the new set of orbital parameters
has to be calculated before the subsequent impulsive action.

Note that, similar to the low-thrust method, the mass driver
generates a Av only when the rail guns point in the correct direction.
The performance of this method is therefore not affected by the shape
of the asteroid, but by its rotational state.

E. Solar Collector

Melosh et al. [16] proposed the use of a mirror to focus the solar
energy onto a small portion of the surface of the asteroid. The
resulting heat sublimates the surface material, creating a jet of gas
and dust that produces a continuous thrust. This thrust ultimately
alters the orbit of the asteroid in a similar fashion to how a comet’s
orbit is altered by the expulsion of material from surface jets. A
conceptually similar idea is to use a laser beam, either powered by a
nuclear reactor or solar arrays, to induce the required sublimation of
the surface material. In the following, a model is proposed to
compute the deviating acceleration due to the flow of gases derived
from the sublimation of the asteroid’s surface. Although the model is
applicable to both the solar collector idea and to the laser beam
concept, the spacecraft model that will be employed in the following
analyses assumes the use of a solar concentrator. This choice was
motivated by the expected mass of the laser, together with the power
unit required to operate the laser. After a first estimation, the mass of a
deployable mirror proved to be smaller than the equivalent mass of
the laser plus power unit. However, this does not intend to rule out the
laser option; on the contrary, although a more detailed spacecraft
system analysis might demonstrate that the laser option is more
advantageous than the solar collector, the sublimation model
presented in this section and the following analysis will maintain

their validity and the resulting conclusions would be applicable to the
laser case as well as to the solar case.

1. Spacecraft Model

It is assumed that the solar concentrator is made of a layer of
reflecting material mounted on an inflatable supporting structure
[33]. The inflatable structure and the deployment system,
attachments, and related harnessing are assumed to account for
30% of the total dry mass of the spacecraft. From the work of
Hedgepeth and Miller [34], the mass-to-area ratio of the inflatable
solar concentrator is estimated to be 0.1 kg/m?. This is a
conservative estimation when compared with the size and mass of
space experiments such as the Znamya and Echo balloons.

The size of the spacecraft is related to the amount of energy
focused on the surface of the asteroid through the ratio between the
area of the reflective surface and the area of the illuminated spot, or
concentration ratio. Concentration ratios between 2000 and 3000 are
possible for space solar concentrators [34]. In the following, a
concentration ratio of 2500 will be used, which is equivalent to a
diameter for the illuminated spot that is 50 times smaller than the
diameter of the mirror.

2. Thermal Model of an Asteroid

If a beam of light is focused onto the surface of the asteroid, the
received power density can be calculated by using

Sﬂux Am
P Z (1 — albedo) (32)

Psolar = Neft

where A,, is the cross-sectional area of the reflective surface of the
mirror, perpendicular to the direction of the solar radiation; A is the
area of the illuminated surface on the asteroid; n.s = 90% is the
efficiency of the mirror assembly; Sq,.x = 1367 W/m? is the solar
flux at 1 AU; ry; is the distance from the spacecraft to the sun, which
scales the solar flux; and the albedo was chosen as 0.2. This value
approximates the albedo of an S-type asteroid, the surface of which is
mostly composed of olivine. For the specific deviation method under
investigation, an albedo of 0.2 would correspond to a worst-case
scenario.

The time that a portion of the surface spends under the spot beam is
a function of the angular rotation of the asteroid and of the size of the
spot, which is also a function of the size of the mirror and the
concentration ratio. The model assumes the system to be an infinitely
long rod, with the illuminated spot on one side of it. The illuminated
surface is at a temperature of 1800 K, which is the sublimation
temperature of forsterites [23]. The long rod model represents a good
approximation of the real system. In fact, it can be proved that the
conduction loss through the perimeter of this rod is much smaller
than the energy loss due to the movement of the surface (i.e., asteroid
rotation with a fixed beam).

Sublimation is due to the total absorbed energy. The net absorbed
energy is the total energy focused on the surface minus the radiation
and conduction losses. Energy loss due to conduction can be
computed by first solving the differential equation for the surface
temperature 7"

3T _ cp, 0T
2 Kk Ot

(33)

where c is the heat capacity (750 J/kg/K), p, is the asteroid density,
and « is the thermal conductivity (2 W/m/K in this case). The
thermal conductivity and heat capacity were calculated by using
average values from different silicate materials on Earth, which are
likely found on asteroids. Using the following initial and boundary
conditions,

T(x,00=T, =278 K T(0,1) = Ty, = 1800 K
IimT(x,7) =T,

X—>00
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and applying a Laplace transformation, the preceding differential
equation can be solved to give

T(x,t) =Ty + (T — To) -erfc( (34

X
2\/1([/(,‘,0‘1)

Finally, to calculate the conduction, the derivative of the
temperature profile is calculated through a series expansion of the
complementary error function erfc(f(x)). Therefore, with this
model, the heat-flux loss by conduction Q.4 on the surface of the
asteroid (x = 0) can be calculated to be

Tsuh] B TO

Qcond =T
Vt/ckp,

(35)

3. Rate of Expelled Mass

The heat generated by the sunlight will produce a flow of
sublimated mass 1, Part of the energy goes into the sublimation
process and part goes into the acceleration of the mass m,,,. The mass
flow rate can be computed as

E. dmexp(t) —

AQ = Py — 36
v dr Q solar Qout ( )

where E, is the enthalpy of sublimation, dm.,,(t)/dt is the flow of
sublimated mass, and Q,, is the sum of the conduction heat loss
Q.ona and the radiation heat loss Q,,q. The radiation heat loss Q4 is
defined according to the blackbody radiation formula as

Oraa = GebbT4 (37)

where o is the Stefan—Boltzmann constant, and ¢, is the blackbody
emissivity. Expanding the terms in Eq. (36) and solving for the mass
flow gives

dm 1
— = Pin — ¥rad T Xcon 38
o Ev( Oraa — Qeona) (38)

To calculate the total sublimated mass, Eq. (38) is integrated over
the surface area under the illuminated spot. Note that if the mass flow
rate dm,,,/dt is negative, then there is not enough energy to
sublimate the asteroid surface. Consequently, the limits of the
integration have to be adjusted to avoid negative results. The
horizontal surface position x and the illumination (or exposure) time
can be related through the rotational velocity V,,, such that x =
Vit - t and dx = V,, - dz. Therefore, the integral can be rewritten in
terms of the exposure time #, where the limits of the integration #;, and
toue are the times at which the asteroid surface moves inside and
outside the illuminated spot, respectively. Thus, the total mass flow is

. ‘max fout |
(mexp)[mal = 2Vrot/ / £ ((Pin = Oraa)
0 tin v

- ( LT i — To)) \f)dtdy (39)
T t

4. Total Induced Acceleration

Once the flow rate of evaporated material is computed, the average
velocity of the particles is determined by using the Maxwell
distribution for particles of an ideal gas:

8k Tsubl

y — 4
V an‘l‘l ( 0)

where M, is the mass of a single molecule of Mg, SiO, and £ is the
Boltzmann constant.

The acceleration achieved by the asteroid due to the sublimation
ag,r can be calculated by dividing the thrust produced by the

evaporation of the surface material and the remaining mass of the
asteroid (the mass is decreasing due to the evaporation: for example,
for a 100-m-diam mirror, the mass flow rate is on the order of 1 kg/s,
which can have a significant effect for small asteroids), corrected
with a scattering factor S, accounting for the plume dispersion:

(Ssc : ‘7 : (mexp)total)

M, () @b

llall =

The scattering factor was computed assuming that the particles of
debris and gas are accelerated uniformly over a semisphere, which
corresponds to a 180 deg plume cone. By integrating the effective
components of the acceleration over the semisphere, we get a value
of S, =2/m.

Figure 10 shows the effects of the radiation and conduction heat
losses, as well as the thrust for a 100-m-diam mirror. In this
simulation, the asteroid is assumed to have zero rotational velocity,
but the exposure time varies between 0 and 30 s. As can be seen,
below 10 s of exposure time, the thrust level drops significantly.

5. Influence of the Asteroid Spinning Rate

As mentioned, the exposure time (i.e., the time that the surface
spends under the focused solar beam) depends strongly on the
rotational speed of the asteroid. Figure 11 shows the deviation
achieved with a 60 m mirror producing a deflection action on the
asteroid Apophis. The deviation was computed by propagating
Gauss’s planetary equations for a period of two years, with the
deviating action aligned with the instantaneous velocity vector of the
asteroid. As can be seen in the figure, as the rotation speed increases,
the achievable deflection monotonically decreases.

In light of the work of Harris [35], the most probable rotation state
seems to be about 5.5 cycles/day. For this angular velocity, a mission
with a 60-m-diam mirror would achieve a deviation of 14,000 km.
Because the upper physical limit on the rotational speed is expected
to be between 8 to 12 cycles/day [35], Fig. 11 shows that the
deviation achieved with a solar collector for any possible rotational
state would be at least 70% of the deviation achieved for a 5.5 cycles/
day rotator. The upper limit on the rotational speed is assumed to be
due to the rotational upper limit for asteroids without cohesive or
tensile strength (i.e., rubble piles).

Finally, the elongation of the asteroid combined with its rotational
state can affect the performance of this deflection method, because
the distance of the target spot on the surface of the asteroid from the
mirror can vary with time. However, we can assume that the focal
point of the mirror can be adjusted to cope with this variation.
Adapting the focal point is a technological problem that does not
affect the model presented in this section, but is considered later in
the paper when the technology readiness level is taken into account.
A first analysis of the problem related to focusing and pointing the
light of the sun can be found in other works by the authors [36,37]. In
the same works, there is a preliminary analysis of the control of the
mirror in proximity of the asteroid.

F. Gravity Tractor

The gravity tractor exploits the mutual gravitational attraction
between an asteroid and a spacecraft to pull the asteroid off its
collision course with the Earth. To perturb the asteroid in the desired
way, the spacecraft should maintain a constant hovering position
during the pulling period. This concept was proposed by Lu and Love
[14] as a means to modify the orbit of an asteroid, overcoming the
uncertainties inherent into the asteroid surface composition,
morphology, and spinning rate.

The following hypotheses are used to develop the mathematical
model of the gravity tractor:

1) The power subsystem accounts for 50% of the dry mass m,,.

2) The power subsystem is capable of delivering 40 W/kg
(t =25 kg/kW).

3) The propulsion subsystem generates 0.034N /kW.
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The total thrust of the spacecraft 7, is then computed by using
Eq. (23). The closer the spacecraft hovers above the asteroid surface,
the bigger the gravity pull. However, the exhaust gases must not
impinge on the asteroid surface; otherwise, the center of mass of the
NEO spacecraft system will remain unperturbed. In fact, it is the
stream of mass escaping the system that generates a change in the
linear momentum of the NEO [38]. Note that according to the action—
reaction principle, using a specific amount of thrust to push the
asteroid or using the same thrust to hover above it would lead to the

same variation of the linear momentum and hence the same
deviation. On the other hand, the thrusters must be properly pointed
such that the cone of the exhaust gases does not intersect the asteroid
surface (see Fig. 12). As a consequence, the effective vertical thrust
Flover 1 always smaller than the total thrust 7,.

As mentioned, the thrusters have to be slanted laterally by an angle
¢ equal to half the angle of the exhaust cone to avoid the
impingement of the propulsion gases. With this configuration, the
hovering distance can be calculated by solving the following system
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Fig. 12 Geometric diagram of the gravity tug and asteroid
configuration.

of equations:

R
Fiover = T, - cOS (arcsin (j) + q’))

GM_ m;
=Ta

(42)

F F hover — F

8

where F|, is the gravity attraction between spacecraft and asteroid,
Flover 18 the thrust force in the direction of the asteroid, ¢ is 20 deg (in
agreement with Lu and Love [14]), R, is the mean radius of the
asteroid, G is the universal gravity constant, M, is mass of the
asteroid, m; is the mass of the spacecraft at the beginning of the
pulling maneuver, and d is the hovering distance.

Because the spacecraft is consuming propellant to hold its
hovering position, its mass will slowly decrease over time. The
reduction in mass would allow the spacecraft to either hover closer to
the surface or to reduce its thrust level while hovering at the same
altitude. The latter option (i.e., keeping the hovering distance
constant) is more advantageous because a reduction in the thrust
leads to a lower propellant consumption, which in turn translates into
a higher mass of the power subsystem for a fixed initial mass into
space, which translates into a higher initial thrust and a lower
hovering distance. By iterating this process, an optimal hovering
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point can be found that makes the constant-altitude option more
efficient than the variable-altitude option.

If the constant-altitude option is adopted, the mass of the
spacecraft at any time ¢ during the pulling maneuver can be computed
assuming a mass consumption linearly proportional to the pulling
action Fjgyer:

— GMg (—tg)
m(t) =me d? cos(aresin(Rg /d)+9)sp g (43)
with the acceleration acting on the asteroid simply given by
Gm(t)
agtug(t) = £ (44)

Therefore, the remaining mass m, at the end of a pulling maneuver
with duration At is

GMq Atgrug )
my = m,-e7 d2-cos(aresin(Rq /d)+9)-Isp 80 (45)
and by using Eq. (45) in the system of Eqs. (42), we obtain
M Ay
m; ei(flzlspﬁn (£ 79 2 §COS arcsin R, +¢
T d
GM m;
— d—; =0 (46)

which has to be solved to determine the hovering distance d.
Figure 13 shows the total impulse provided by both the low-thrust
and the gravity-tug methods. Figure 13 also shows the force over the
asteroid produced by these two deviation methods. For a specific
low-thrust mitigation mission, the force is constant during the whole
deviation maneuver; for a gravity-tug mission, the force instead
decreases as a function of the mass of the spacecraft. It is interesting
to note that for pulling maneuvers longer than 13 years, the force
initially exerted by the gravity tug is higher than the force exerted by
a low-thrust spacecraft with equal initial mass m;. On the contrary,
the total impulse is higher for the low-thrust method for deviation
actions shorter than 135 years, the moment at which the total impulse
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Fig. 13 Comparison between a low-thrust mitigation mission and a gravity tug for a possible deviation of Apophis. Initial mass at asteroid arrival is

5000 kg for both methods.
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provided by the gravity tug becomes higher than that achieved by the
low thrust.

Before concluding this section, it is worth noting that the
spacecraft has to hover at arelatively close distance from the asteroid
and accurately maintain its position and velocity. Because the shape
and composition of the asteroid have an impact on its gravity field,
the gravity tractor is not totally immune from the problems related to
the unknown composition and morphology. Therefore, hovering
control in ainhomogeneous gravity field generated by a nonspherical
asteroid is an issue that has to be taken into account. However, a
complete analysis of the effect of a nonspherical asteroid on the
control of the gravity tug is out of the scope of this paper and was
already performed by other authors. The interested reader can refer to
the work of Broschart and Scheeres [39] and Kawaguchi et al. [40]
for more details.

IV. Multicriteria Optimization Problem Formulation

The optimality of each strategy is defined here through a number
of criteria or objectives that have to be attained. Unlike single-
objective problems, multiple-objective problems look for a set of
optimal values rather than a single optimal value. The general
problemiis to find a set X of feasible solutions x such that the property
P(x) is true forall x € X € D:

X = {x € D|P(x)} “47)

where the domain D is a hyperrectangle defined by the upper and
lower bounds on the components of the vector x:

D:{x,-|x,—€ [bg,by] gm,izl,....n} (48)

All of the solutions satisfying property P are defined here to be
optimal with respect to P, or P-optimal, and X can be said to be a P-
optimal set. In the case of multi-objective optimization, if P is a
dominance condition or Pareto optimality condition for the solution
X, then the solution is Pareto-optimal if P(x) is true.

Each function vector j is associated with a scalar dominance index
1,; such that

L,(x;) = |{ili € Ny A x; > x| (49)

where the symbol || is used to denote the cardinality of a set, >
represents the dominance of the x; solution over the X; solution, and
N, is the set of the indices of all of the available feasible solutions. A
solution vector X; dominates a solution vector x; when all of the
components of the criteria, or objectives, vector f(x;) associated with
x; are better (higher or lower) than all of the components of the
criteria vector f(x;) associated with x;. The property P(x) in this
case simply defines nondominated solutions:

X = {x € D|I,(x) =0} (50)

The search for the P-optimal sets X for each strategy was
performed through an agent-based search approach hybridized with
a domain decomposition technique [41,42].

Three criteria, or figures of merit, were selected to define the
optimality of each strategy:

1) The warning time ¢,, = fyop — #; 1S the interval between the
launch date and the time at the point of closest approach. This figure
of merit defines how far in advance we need to know that an impact is
going to occur; it gives a measure of our capability of quickly
reacting to an incoming danger.

2) The mass into space m, at departure is the mass of the spacecraft
at the Earth after launch. This figure of merit gives a measure of how
difficult implementing a given strategy could be; if m, is not within
our launch capabilities, the difficulty of a given strategy increases.

3) The total deviation Ar, at encounter is calculated as
Ar = ||Ar + dr||, where Ar is the vector distance of the asteroid
from the Earth at the MOID point and dr is the variation given by the
integration of Gauss’s planetary equations [see Eq. (2)]. This figure
of merit, together with the mass into space, gives a measure of how

Table 3 Design margins for the spacecraft mass

Strategies my margin
Solar collector 25%
Electric propulsion 25%
Mass driver 25%
Gravity tug 25%
Nuclear interceptor 10%
Kinetic impactor 5%

easy itis to deflect an asteroid with a given method. Note that we use
the total deviation as figure of merit and not the ability of a particular
deflection method to avoid the passage of the asteroid through
dangerous keyholes [43]. In this case, even small ér would produce
significant results, greatly enhancing the effectiveness of given
deflection method.

The tyomp 18 the date at which the asteroid reaches the minimum
orbit interception distance point from the Earth. Note that the Earth is
not necessarily at that physical point in the orbit; the aim of this
analysis is to measure the effectiveness and efficiency of each
deviation method and not to reproduce a real impact scenario. In the
following analyses, the ty;orp for each asteroid is the same for all of
the deflection strategies and is kept fixed for all of the simulations.

Even though the strategies were modeled with a very conservative
approach, an additional margin on the mass into space m, was added
to take into account the corrective maneuvers required during both
the transfer leg and the deflecting arc. These margins, which can be
found in Table 3, are also related, to some extent, to the maturity level
of a given technology.

The criteria vector for a given method A is then defined as

£4 = e mf—ar+ o)t ]' 51)

where m, is augmented according to the design margin for method A.
The problem is to find the set X of feasible solutions that are not
dominated with respect to the criteria vector f4. Each solution
corresponds to a mission leaving the Earth at a departure time #,
performing a transfer to the asteroid either along a Lambert’s arc or a
low-thrust spiral for a transfer time 7', and then applying the deviation
action for a time 7,5, For deviation strategies for which the action is
impulsive, such as kinetic impactor and nuclear interceptor, the
transfer was modeled as a simple Lambert’s arc. The velocity change
at the Earth required to reach the asteroid was used to compute the
propellant mass. For all of the other deviation strategies, the transfer
was modeled as a low-thrust spiral through a shape-based approach
[44], assuming a departure from the Earth with zero relative velocity.
The time t,,,, was set to be equal to the difference between the time at
the point of closest approach and the time at interception, except for
those strategies for which the model is providing an optimal value for
foush- All celestial bodies are considered to be point masses with no
gravity, and analytical ephemerides are used for the Earth and the
asteroids. The general solution vector is defined as

X = [m()’ t()v T’ ng, )"xl s )‘s2]T (52)

where ny is the number of revolutions of the Lambert’s arc or of the
low-thrust spiral, and A,; and A, are two shaping parameters for the
low-thrust arcs. The search domain D is defined by the values in
Table 4; therefore, for each deflection method, we looked for all of
the mission opportunities with a launch in the interval of tyopp —
1000 to tyorp — 7300 MJD2000 (i.e., modified Julian days since
1 January 2000 at 1200 hrs) and a transfer time in the interval of 25—
1000 days. Note that the range of masses into space is pretty wide to
account for a large variety of spacecraft designs, from microsatellites
to multiton spacecraft. Note that the propellant mass required for the
transfer is subtracted from m, when the spacecraft is at the asteroid.
The residual mass (either m; or m,, depending on the model) is then
used to compute the deviation. All of the missions that had a residual
mass low enough to produce a deviation close to zero were discarded
and were not included in the Pareto sets.
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Table 4 Search domain for the multi-objective analysis

my ly T ng Ay Ay
100 fyiom — 7300 25 0 -1 -1
100,000 fviom — 1000 1000 3 1 1

V. Results

A preliminary analysis was performed on the asteroid Apophis
because of the potential impact with the Earth in 2036. Figure 14
shows the Pareto-optimal solutions found by the agent-based search
for each one of the deviation methods. Each solution shown in
Fig. 14, each black dot, represents a Pareto-optimal deviation
mission to the asteroid Apophis, which means that no other mission
can be designed by changing the parameters in the solution vector in
Eq. (52) that improves all three criteria at the same time.

Note that the range of warning times and mass into space are
almost the same for all six methods, whereas the range of the
achieved deviation is substantially different. For example, for the
same mass into space and for the same warning time, the solar
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collector and nuclear interceptor are achieving a deviation that is 2
orders of magnitude higher than the kinetic impactor. Furthermore,
all strategies that employ a single-impulse transfer present a
characteristic striped distribution of the solutions, mainly due to the
periodicity of the optimal launch date. The direction of application of
the deviating action, in fact, depends solely on the transfer, and
therefore an optimal launch date corresponds to a Pareto-optimal
solution.

The surfaces plotted in Figs. 14a, 14c, and 14d have a plateau at a
deviation value of about 400,000 km. The plateau is due to the fact
that the integration was stopped once the deviation reached one
Earth—-moon distance. For the hypotheses behind the proximal
motion equations to hold true, the variation of the orbit radius §r must
be small compared with the unperturbed orbit. Therefore, the Earth—
moon distance was taken as the upper threshold limit, because this is
considered to be sufficient to ward off the threat of an impact. The
size of the plateau regions already suggests that both the solar
collector and nuclear interceptor provide similar performances. Note
that the two approaches are utterly different, as the deviation is
achieved through a continuous thrusting arc in the former case and
through an impulsive change of the linear momentum in the latter.
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Table 5 Keplerian elements of the asteroids used in this study

a, AU e i, deg Q, deg w, deg M, deg Epoch, MID tvoms MID
Apophis 0.922 0.191 3.331 204.5 126.4 2223 53800.5 62564.0
Aten case 0.875 0.313 7.828 259.9 50.65 97.21 62481.0 62481.0
Apollo case 1.706 0.518 10.70 266.8 121.2 18.09 62488.0 62488.0

Table 6 Some physical characteristics of the asteroids used in this study and the approximated impact frequency

M, kg Density, kg/m? Diameter, m Estimated impact frequency Rotation, h
Apophis 4.6 x 1010 2500 328 1 every 100,000 years 30.54
Aten-1 5.0 x 108 2500 73 1 every 1000 years 4.33
Aten-2 5.0 x 10° 2500 156 1 every 10,000 years 4.33
Aten-3 5.0 x 100 2500 337 1 every 100,000 years 4.33
Aten-4 5.0 x 10! 2500 726 1 every 1,000,000 years 4.33
Apollo-1 5.0 x 108 2500 73 1 every 1000 years 4.33
Apollo-2 5.0 x 10° 2500 156 1 every 10,000 years 4.33
Apollo-3 5.0 x 100 2500 337 1 every 100,000 years 4.33
Apollo-4 5.0 x 10! 2500 726 1 every 1,000,000 years 4.33

A. Selected Asteroids

Although Apophis is an interesting study case, due to the threat
that it poses to the Earth, additional case studies were considered to
add comprehensiveness to this work. Instead of selecting more
specific asteroids, it was decided to use the mean semimajor axis,
eccentricity, and inclination of two sets of 100 asteroids belonging to
the Aten and Apollo groups. The asteroids in the sets were taken from
the list of the most dangerous Earth-crossing asteroids in NASA’s
NEO program database.2 The angular Keplerian elements 2, @, and
M, were modified such that the MOID for a fixed collision date was
minimal. Table 5 shows the Keplerian elements and #y;o;p used in this
study for Apophis and for the two additional virtual asteroids.

Apophis is assumed to have a mass of 4.6 x 10'" kg, which is
equivalent to an asteroid with a diameter of 328 m if a density of
2500 kg/m® and spherical shape are considered. The impact
frequency of an object of this size is approximately 1 every
100,000 years [1]. For the Aten and the Apollo cases, we considered
masses ranging from 5.0 x 10 to 5.0 x 10! kg (see Table 6 for a
complete list of the cases analyzed in this paper).

B. Pareto Contour Lines

A simple way to compare the 3-D Pareto fronts of the different
strategies and asteroids is by plotting deviation isolines. Figure 14
shows the isolines for a deviation of 13,720 km for each deviation
strategy and each case studied. This deviation was calculated taking
into account the deflection of the trajectory of Apophis due to the
gravity attraction of the Earth at its final approach and correcting a
distance of 1 Earth radius with a hyperbolic factor that depends on the
relative velocity between the Earth and the threatening object [4].
The deflection isoline of 13,720 km is used in all of the plots in
Fig. 14 to facilitate the comparison between the different asteroids,
despite the fact that the hyperbolic corrected distance would be lower
for our Aten and Apollo cases, because the relative velocities of those
at encounter with the Earth are higher than the Apophis relative
velocity and should therefore be less affected by the Earth gravity.

In the three cases with mass of the order of 5 x 10'° kg (i.e.,
Apophis, Aten-3, and Apollo-3) only three strategies (namely, the
mass driver, the nuclear interceptor, and the solar collector) yield the
desired deviation with a mass in space smaller than 100,000 kg and a
warning time shorter than 10 years. The low-thrust method is also
able to provide 13,720 km deflection, but only with a mass in space
close to 100,000 kg and 20 years of warning time.

The kinetic impactor is remarkably close to the low thrust in the
Aten cases (Figs. 15b and 15¢), especially for short warning times; in

""Data available online at http://neo.jpl.nasa.gov/ [retrieved 16 Octo-
ber 2008].

the Apollo cases (Figs. 15f—15h), it not only clearly outperforms the
low-thrust strategy, but its efficiency increases almost tenfold when
compared with the Aten case. The main reason for this high
efficiency of the kinetic impactor in the Apollo cases is because
Apollo’s asteroid had higher eccentricity and inclination and thus
higher relative velocity with respect to the orbit of the Earth, and a
high-speed impact is less expensive, in terms of propellant mass, than
in the Aten cases and more mass-efficient than a rendezvous.

Note that for small asteroids (Figs. 15b, 15¢, 15f, and 15g), simple
methods such as the kinetic impactor are able to provide the required
deviation with a relatively small mass in space. On the other hand, for
larger asteroids (Figs. 15¢ and 15i), only the three more efficient
methods are able to provide the required deviation within the given
range of mass into space and warning time.

C. Strategy Comparison

The effectiveness and efficiency of each strategy are expressed
through a set of Pareto-optimal points (e.g., Fig. 14). To compare one
strategy with the others, itis possible to use the concept of dominance
of one Pareto set over another: an element (or solution belonging to
the Pareto set) i of strategy A is said to be dominated by element j of
strategy B if all of the components of the vector objective function f f
are better (i.e., 1,, and my are smaller and || Ar + 87| is bigger) than
all of the components of the vector objective function 4. Then the
dominance index /;(m,) of an element i of strategy A with respect to
strategy B is the cardinality of the set of elements of the Pareto-
optimal set of strategy B that dominates element i:

li(my) = ‘{j\f? <17 (53)

where the dominance symbol < in Eq. (5§3) means that f f dominates
f} (i.e., all of the components of f7 are better than all of the
components of £4). Thus, if the value of the dominance index of the
element i is 0, it means that there is no solution in the Pareto-optimal
set of strategy B that has all three criteria that are better than the three
criteria associated with element i. We can now say that strategy A
dominates strategy B if the percentage of the elements of A that
are dominated by B [i.e., the percentage of elements of A with
dominance index I(m,) different from 0] is less than that of the
elements of B that are dominated by A:

(1 if L(my) >0
df(”’A)_{o ifI,-(mi):O
(54)

1 1 &
= — d; < — d;
my > mpg N, ; i(my) Ny ; _/(mB)
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Fig. 15 Pareto front contour lines for a deviation of 13,720 km for all of the analyzed deviation methods [solar collector (SC), low thrust (LT), mass
driver (MD), nuclear interceptor (NI), kinetic impactor (KI), gravity tug (GT)]; each figure is for a different mass of the asteroid: a) Apophis case, b) Aten-
1 case, ¢) Aten-2 case, d) Aten-3 case, e) Aten-4 case, f) Apollo-1 case, g) Apollo-2 case, h) Apollo-3 case, and i) Apollo-4 case.
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where N, is the total number of the solutions in the Pareto set of
method (or strategy) my, and N is the total number of solutions in
the Pareto set of method (or strategy) mp.

Tables 7-9 show the dominance of the different strategies applied
to Apophis, Aten-3, and Apollo-3 (i.e., three cases with similar
mass). The numbers in the tables are the percentage of elements of the
method in the corresponding row that dominate over the elements of
the method in the corresponding column. For example, if we look at
Table 7, 100% of the solutions in the Pareto set of the mass driver
dominate (i.e., all three criteria are better) the solutions in the Pareto
set of the low thrust. Note that the numbers in every column do not
add up to 100 with the corresponding numbers in every row. For
example, for Apophis (see Table 7), 14% of the kinetic impactor
solutions are dominant over low-thrust solutions, whereas 98% of
low-thrust solutions are dominant over kinetic impactor solutions.
The reason for that is that we compute the percentage of points within
each Pareto set; therefore, it could well be that 100% of the points of a
set are dominating only a small fraction of the points of another set.

From the dominance comparison, the solar collector and nuclear
interceptor prove to be the dominant methods in the studied domain.
The solar collector achieves better performance than the nuclear
interceptor for the Atens class, but not for the Apollo class. This is
due mainly to the fact that the smaller semimajor axis of the Atens
group means better solar radiation and therefore higher efficiency of
the solar collector. It is interesting to note that the kinetic impactor
dominates the low-thrust option for the Apollo case. The same result
can be seen in Fig. 15, though limited to one particular value of
deflection ér.

Although, as shown in Fig. 15, techniques such as kinetic impactor
and gravity tug are effective for small-size asteroids, the relative
performance difference between two deflection strategies does not
change; therefore, we report only three sample tables for the
dominance evaluation. Furthermore, it should be noted that due to the
stochastic nature of the search for Pareto-optimal solutions
performed by the optimizer, the curves in Fig. 15 can locally change
if the optimizer is run several times. As a consequence, the

dominance evaluation is also subject to minor changes (few
percentage points).

VI. Influence of the Technology Readiness Level

As an additional criterion, we considered the technology readiness
level (TRL) of each method as a measure of its expected viability in
the near future. In the case of an impact, we assumed that the required
time to implement a given deviation method had to take into account
the necessary development effort and that the development effort
was driven by the piece of technology, composing the deviation
method, with the lowest TRL. In the following, the development
effort will be measured in man-years (amount of work performed by
an average worker in 1 year). Although this is not an exact measure of
the time required to implement a given technology, it gives a good
estimation of the added difficulty to bring a given technology to full
operation capability. The actual development time depends on the
amount of available resources and on political considerations that are
out of the scope of this paper. Therefore, we assume that
the development effort is a measure of the required delay in the
implementation of a given deflection method. To be more precise, the
warning time is redefined to be the time between the point when a
given technology starts to be developed and the predicted impact
time. For example, given a technology, we need a man-time At to
bring that technology to a sufficient level of development to be
launched; therefore, the warning time becomes ?,=
tvom — 11 + Algey-

We use a standard definition of TRL [45,46], as summarized in
Table 10. We assume no limitations due to economic or political
issues and no developments driven by other applications or
breakthrough discoveries. Therefore, we assign the current TRL to
each of the deviation methods and we assume that the TRL will
remain constant till tyop — #,,. These assumptions correspond to a
situation in which cost is not an issue in case a global threat has to be
faced, but on the other hand, both economic and political issues
prevent any development not motivated by a confirmed impact.

Table 7 Strategy dominance for Apophis

Solar collector Low thrust Mass driver Nuclear interceptor Kinetic impactor ~ Gravity tug
Solar collector e 100 100 95 100 100
Low thrust 0 e 0 0 98 100
Mass driver 0 100 e 0 100 100
Nuclear interceptor 5 100 100 o 100 100
Kinetic impactor 0 14 0 0 — 100
Gravity tug 0 0 0 0 2 e

Table 8 Strategy dominance for Aten-3

Solar collector Low thrust Mass driver Nuclear interceptor Kinetic impactor ~ Gravity tug
Solar collector e 100 100 95 100 100
Low thrust 0 e 0 0 88 100
Mass driver 0 100 —_— 0 100 100
Nuclear interceptor 8 100 100 o 100 100
Kinetic impactor 0 42 0 0 — 100
Gravity tug 0 0 0 0 1 E—

Table 9 Strategy dominance for Apollo-3

Solar collector Low thrust Mass driver Nuclear interceptor Kinetic impactor ~ Gravity tug
Solar collector —_— 100 100 14 100 100
Low thrust 0 —_— 0 0 0 100
Mass driver 0 100 —_— 0 100 100
Nuclear interceptor 97 100 100 e 100 100
Kinetic impactor 0 100 0 0 o 100
Gravity tug 0 0 0 0 0
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Table 10 Technology readiness levels

—~
=
=

Technology readiness

O 00NN A WK~

Basic principles observed and reported

Technology concept and/or application formulated

Analytical and experimental critical function and/or characteristic proof-of-concept

Component and/or breadboard validation in laboratory environment

Component and/or breadboard validation in relevant environment

System/subsystem model or prototype demonstration in a relevant environment (ground or space)
System prototype demonstration in a space environment

Actual system completed and flight-qualified through test and demonstration (ground or space)
Actual system flight-proven through successful mission operations

The TRL of each deviation methodology was determined taking
into account past missions and scientific research to date. The TRL
for each method was mapped into the number of man-years At,,, for
increasing a given technology from the current TRL to TRL 9
through the logistic function

a
liow=""—"73+0b (55)
1l4+e =

where 1,4, is the required development effort (measured in man-
years) to bring a technology from TRL 1 to TRL A. The parameter 7.
represents a turning point for the development of a technology when
the critical function characteristics have already been demonstrated
experimentally and analytically but the components have not yet
been tested in a relevant environment. Around that point, we expect a
maximum increase in the investments to turn a conceptual design
into a first hardware prototype. In the following, we set t, = 5, which
is a value corresponding to TRL 5. The coefficients a, b, and ¢ were
chosen so that

liw(A=2)=0  14,(A=9)=15

(56)
tdev(A = 7) - tdev(A = 4) =10

The set of boundary conditions in Eq. (56) corresponds to a
maximum development effort of 15 man-years from TRLs 2 to 9 and
a development effort from breadboard to first prototype system
demonstration into space of 10 man-years. The resulting Az, is
simply the difference between the #4., at TRL 9 and the #,., ata given
TRL A (see Fig. 16).

Note that we start with a minimum TRL of 2, because the basic
concept and the application have been already formulated for all of
the deflection methods. In the assignment of TRL to each deflection
method, we will then distinguish between innovate technologies
before or during the mission-assessment phase (TRLs 1 to 4) and
existing technologies during mission-definition phase (TRLs 5 t0 9).

15

10

At ev [year]

2 3 4 5 6 7 8 9
TRL

Fig. 16 TRL mapping into required development effort to reach full
operational capabilities.

In the following, we assign a TRL to each of the deflection
methods. Each deviation method is characterized by a number of
critical technologies that need to be developed to make the method
actually feasible. The technologies considered in this analysis are
only strictly related to each preceding model of deflection method
and do not include the development of new launch capabilities and
the required increase in the knowledge of the physical and orbital
characteristics of the asteroids. Once the critical technologies are
identified and a TRL is assigned to each of them, we assign the TRL
of the least developed technology to the whole deflection method.
Because the TRL for some methods is uncertain due to several
concurrent factors, we assign an interval of TRLs to each deflection
method. These intervals represent our level of confidence in the
present level of development of a given technology. The assignment
is based on Table 10 and on the assumption that a technology at
TRL 9 that is reused in a new application with new requirements
needs to be downgraded to TRL 4.

A. Kinetic Impactor

Although the kinetic impactor strategy has not been completely
proven yet, a mission with similar characteristics, Deep Impact, was
already successfully flown. Furthermore, although the impact
velocity is a critical issue for this strategy, the average impact
velocity of all solutions found in this study was 10 km/s, which is
indeed very similar to the Deep Impact crash velocity (~10.2 km/s).
For this deflection method, we consider two critical issues: high-
precision targeting and enhancement factor. The former issue would
require a better knowledge of the motion of the center of mass and
rotational state of the asteroid to correctly hit the asteroid and transfer
the required Av; the latter issue would require a better knowledge of
the composition and morphology of the asteroid. Thus, both cases are
related to an increased knowledge of the characteristics of the
asteroid. The former issue would also require the development of
accurate navigation and orbit-determination capabilities for fast,
close encounters. However, we can assume that this technology is
already available and at TRL 9, given all of the past and present
missions using gravity-assist maneuvers. Because only one example
of high-velocity impact exists, we assign a TRL ranging between 7
and 8§ to the kinetic impactor.

B. Nuclear Interceptor

Nuclear weapons have not been tested in space because the
Limited Test Ban Treaty forbids all nuclear use in both space and
atmosphere. Furthermore, although the effects of a nuclear explosion
can be considered to be well known, there has not been any nuclear
interceptor prototype or any equivalent prototype in space; therefore,
the TRL should be no higher than 6. On the other hand, the launch of
anuclear warhead is fully developed; thus, we assign a TRL ranging
from 6 to 8.

C. Low Thrust

Low thrust requires the following main critical technologies: low-
thrust propulsion, nuclear power generation, autonomous
rendezvous and landing, and an anchoring system. Low-thrust
engines delivering the required level of thrust have been used as main
propulsion systems since 1998 with Deep Space 1; therefore, they
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can be considered to already be at TRL 8. On the other hand, some
missions in the Pareto set require a thrusting time of more than
1000 days, which exceeds the operational lifetime of current electric
engines. For those missions, either a complete redesign of the
propulsion system or multiple engines would be required; in the
former case, the TRL would be not higher than 4. Rendezvous and
landing operations for small spacecraft can be considered at TRL 7
due to previous and ongoing missions to comets and asteroids (such
as Rosetta [47] and Hayabusa [40]). Nuclear reactors delivering
between 1 to 10 k have already flown since 1965 (e.g., the U.S.
SNAP-10A), and higher-power reactors can be derived from
terrestrial reactors with limited new developments; thus, this
technology can be considered to be between TRLs 6 and 7. An
anchoring system was already designed for the lander of Rosetta,
though for more massive spacecraft, the anchoring and landing
system would require further development; therefore, their TRL
cannot be considered to be higher than 6. Overall, the TRL for the
low-thrust method can be considered to range from 4 to 6.

D. Gravity Tug

Gravity tug requires the following main critical technologies:
autonomous proximal motion control in an inhomogeneous gravity
field, nuclear power generation, and low-thrust propulsion. A
hovering approach to the asteroid Itokawa was used by the mission
Hayabusa, and the same technique is proposed for the gravitational
tug, but to a completely different level of accuracy and autonomy;
therefore, its TRL should be between 3 (no test in relevant
environment) and 5 (if Hayabusa is considered to be an example of
hovering in relevant environment). Low-thrust propulsion has the
same TRL as for low-thrust deviation methods and shares the same
issues (in particular, the operational lifetime, because the number of
missions with a pushing time higher than 1000 days is higher than for
the low thrust). Nuclear power generation for this method has the
same TRL as for the low-thrust technique; therefore, the overall TRL
for the gravity tug ranges from 3 to 5.

E. Mass Driver

Mass driver requires the following main critical technologies:
autonomous rendezvous and landing, autonomous mining in
microgravity, high-power rail gun system, nuclear power generation,
and an anchoring system. Magnetic rail gun systems have already
been developed and used on Earth for other applications [29];
therefore, we can assume a TRL 5 for this technology. Following the
same arguments given for the low-thrust method, both rendezvous
and landing and nuclear power technologies should be at TRL 7. The
anchoring system and the mining system in microgravity instead
require a substantial development [31,32,48,49]; thus, their TRL is
no higher than 4. Though drilling systems have been already tested in
space, the level of power involved in a successful implementation of
the mass driver would require a substantial redesign of the mining
and anchoring system to cope with the microgravity conditions.
Because a conceptual design for this technology already exists
(TRL 2) [17], we can assign a TRL ranging between 2 and 4 to the
mass driver.

F. Solar Collector

Solar collector requires the following main critical technologies:
adaptive optics, deployment and control of ultralight mirrors,
autonomous orbit control, and accurate autonomous pointing. The

Table 11 TRL for all deviation methods

Deviation method TRL intervals
Kinetic impactor 7-8
Nuclear interceptor 6-8
Low thrust 4-6
Gravity tug 3-5
Mass driver 2-4
Solar concentrator 2-3

mirrors have to focus the light of the sun in every operational
conditions; therefore, the curvature has to be actively controlled.
Furthermore, it is expected that the light is collimated by a series of
lenses. The collimation of the beams is of primary importance to
maintain the required power density, especially for rotating asteroids
with high elongation, for which the closest and farthest distance from
the spacecraft could be considerable. Adaptive optics for terrestrial
[50] and space applications have been developed and used in space
on telescopes; therefore, their TRL could be 7. On the other hand, itis
required to have an autonomous control of the pointing and of the
focusing dependent on the power density of the illuminated spot.
This would require a substantial redesign and a new development;
therefore, the TRL is between 2 and 3. The deployment of ultralight
structures of small to medium dimensions has already been tested in
space and would be between TRLs 6 and 7 [51], and ultralight
adaptive mirrors for space have already been developed and
prototyped and would be between TRLs 4 and 5 [52,53]. On the other
hand, the deployment and control of large focusing mirrors is still at a
conceptual stage and therefore at TRL 2. Accurate autonomous orbit
control is at the same level of the gravity tug and is therefore at TRL 4.
The overall TRL for the solar collector is between 2 and 3.

The TRL intervals for each deviation methods are summarized in
Table 11 and were translated into a Az, according to Fig. 16. The
development time due to the technology readiness level is applied to
the Pareto-optimal sets by extending the warning time 7,,:

f= [tw + Atdev#’lnw _”Ar + ‘Sr”]T (57)

Because the impact date is kept fixed for all of the strategies, all of
the Pareto-optimal solutions that would require a warning time (such
that the arrival date at the asteroid exceeds the tyop) are removed
from the comparison. As a consequence, a strategy with a low
technology readiness would require a longer warning time for the
same deviation or a lower deviation for the same warning time.
Table 12 shows the intervals of dominance of all of the strategies for a
simulated deviation of Apophis after applying the range of TRL from
Table 11.

By comparing Table 12 with Table 7, few preliminary
considerations can be drawn. The first is that when the technology
readiness level is considered, the Kkinetic impactor becomes
competitive because its Pareto front encloses parts of the criteria
space that the other strategies are not able to cover. On the other hand,
even after the technology readiness shifting is applied, the solar
collector strategy remains particularly competitive, despite the fact
that the nuclear interceptor has better comparative performance in
this table (only between 6 and 17% of the domain is still dominated
by the solar collector method). Also note that the solar collector,
along with all of the other nonimpulsive deviation techniques, does
not present a risk of fragmentation and offers the possibility to

Table 12 Apophis TRL comparison table (a = 0.92 AU)

Solar collector Low thrust Mass driver Nuclear interceptor Kinetic impactor Gravity tug
Solar collector e 100 100 6-17 100 100
Low thrust 9-52 —_— 9-39 0 0-86 100
Mass driver 0-22 99-100 —_— 0 99 99-100
Nuclear interceptor 100 100 100 e 100 100
Kinetic impactor 76-68 10045 79-63 10-0 E— 100
Gravity tug 25-22 1-0 25-5 0 0 —
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accurately control the deviation action. For example, considering an
energy density limit of 1 J/g [25] as a first approximation, a nuclear
interceptor with a yield of 5 kton or more would probably cause a
fragmentation of an Apophis-size, or smaller, asteroid. This aspect
definitively deserves a further investigation to better understand the
consequences of a possible fragmentation for small- to medium-size
asteroids.

VII. Conclusions

In this paper, a comparison of six different deflection strategies
was presented: nuclear interceptor, solar collector, mass driver, low-
thrust propulsion, gravity tug, and kinetic impactor. The comparison
was based on four different criteria that translate quantitatively from
a number of qualitative statements defining the performance of a
particular deviation strategy: ease of deflection, cost of the mission,
complexity of the approach, readiness of the deviation strategy, and
response time.

The results from this study show that the solar collector and the
nuclear interceptor options achieve the best results in terms of
deviation, mass into space, and warning time. The nuclear interceptor
is better than the solar collector in the Apollo case and in the Apophis
case after the application of the technology readiness shift in the
warning time. On the other hand, the solar collector solutions
dominate the nuclear interceptor in both the Apophis and Aten cases
if no technology readiness shift is applied. Furthermore, it should be
noted that despite the low technology readiness, the solar collector
still remains competitive against most of the deflection methods.

Kinetic impactor and low thrust display comparable performance,
and both prove to be interesting alternatives for deviating asteroids
with a mass below 10'* kg, particularly the kinetic impactor, if the
technology level is considered. Kinetic impactor performance is
better for the Apollo class of asteroids, especially for short warning
times, whereas low thrust dominates in the Aten category, especially
for long warning times.

The mass driver presents an intermediate performance between
the two pairs: solar collector with nuclear interceptor and kinetic
impactor with low thrust, although its technology readiness is still
considerably low compared with the kinetic impactor, and its
performance is not as good as solar collector. Note that the estimation
of the technology readiness of each deviation method is subject to the
current and future political and economical situations. Therefore, a
complete evaluation of the methods presented in this paper would
also require considering the economical and political aspects in the
development of a specific technology, which was not done in this
analysis.

On the other hand, the comparison methodology proposed in this
paper, based on the concept of set dominance, allowed us to compare
two or more methods using sets of hundreds of solutions, each one
representing a complete mission with a specific launch date and
transfer time, instead of using a single typical or hypothetical mission
case. Therefore, the comparison is not subject to any particular ideal
or fictitious scenario in which the deflection method is applied, and it
takes into account the fact that for some methods, some mission
opportunities could be prohibitive or not feasible. Though we use
only three quantitative criteria in this paper, the same procedure
could be extended to a more extensive analysis, including more
figures of merit.

Finally, though the results in this paper cannot be used to rule out
any of the analyzed deflection methods, they suggest some promising
directions of research in which the performance of a particular
method is high but the technology readiness is still low.
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